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ABSTRACT 
The development of lightweight, flexible wings to improve the performance of an 
aircraft has been a desire of aircraft engineers since the dawn of the aerospace industry. For 
many years, wings have been designed stiff to counteract flutter and to meet the need for 
high speeds. Ailerons and flaps are primarily used for controlling the maneuverability of an 
aircraft. However, the mechanical actuation systems for these devices contribute significant 
weight to the wings and thus limit the performance of an aircraft. To reduce weight and 
increase the maneuverability of an aircraft, a wing morphing technique is proposed in this 
paper. This technique assumes that the wing structure is flexible enough to allow the wing to 
twist or bend to control the maneuverability of an aircraft without using ailerons or flaps. 
However, flexible wings require energy to deform and flutter is still a very important issue 
that needs to be addressed for flexible wings. Hence, the relationship between the degree of 
flexibility to meet stated performance requirements and both the desire for minimum control 
energy and the requirement for flutter avoidance is explored in this research. The research 
was conducted to determine how wing structural stiffness affects the energy required to 
deform the wing and to give insight into its performance range for which flutter is to be 
avoided. The study incorporates structural and aerodynamic modeling, control-design 
optimization, and a candidate wing morphing technology. The results provide important 
information that designers of morphing wings can consult to explore the potential benefits of 
morphing wing technology. 
1 
CHAPTER 1 INTRODUCTION 
Morphing wing technology is emerging as a promising technology for future wing 
design. This technology leads to wings that bend and twist themselves to accommodate in-
flight conditions. Morphing wing technology includes wings with a variety of moving 
surfaces such as articulated flaps and slats, surface flow control devices, and continuously 
deforming surfaces [3]. In the latter case, deforming surfaces are generated by internal 
elements that exert forces and moments on the structure of the wing or by external devices 
such as continuously deforming trailing edge surfaces [3]. NASA has recently tested a 
morphing wing technology called "Active Aeroelastic Wing (AA W)" on an F/ A-18 fighter 
aircraft and has shown that the rolling maneuverability of the aircraft was improved [2, 7]. 
The AAW technology is based on the wing-warping technology that was invented by the 
Wright Brothers in 1903 [5]. For the AA W, the cover panels on the aft wing box of the F/ A-
18 are replaced by more flexible panels to improve the rolling moment [7, 9]. In addition to 
the AAW technology, researchers at the Dryden Flight Research Center have developed a 
variable-camber method for jet transports and have shown that aircrafts equipped with this 
technology can perform 10 percent better than their counterpart in nonstandard flight 
conditions and 1-3 percent better in the cruise regimes [6]. Flexible wing technology is not 
limited to aircraft design; its applications can be extended to cruise missile mission vehicles. 
Raytheon is proposing its adaptive wing technology for its missile mission vehicles and has 
scheduled tests of its prototypes in 2005 [8]. It appears that flexible wing technology has 
changed conventional wing design philosophy and promises benefits in the near future. 
Traditionally, ailerons and flaps are used to control lift and roll moment. But the 
actuation systems for these devices add weight to the wings, and thereby limit an aircraft's 
performance. To reduce the weight contributed by ailerons or flaps, a wing morphing 
technique that can control lift or roll moment without using these devices is proposed in this 
paper. The general concept of this method is to create deformations or "bumps" on the upper 
surface of a wing affect changes in the pressure distribution over the wing. The changes in 
pressure distributions will produce changes in the local aerodynamic force acting on the wing 
structure, which will cause the wing to bend and twist, and thereby produce a desired amount 
2 
of lift or roll moment. However, a lurking problem of flexible wings is flutter. Flutter as a 
phenomenon in which structural vibrations are amplified due to the interaction with the 
surrounding atmosphere leading to structural damage. This problem still challenges designers 
of high-performance aircraft. For instance, wing flutter caused an F-117 A Nighthawk to lose 
most of one wing and crash at an air show in September 1997. But this was partly the result 
of faulty structural maintenance [ 4]. For many years, a conventional remedy to reduce the 
potential for flutter has been to increase the structural stiffness; hence, increasing weight [l]. 
It is obvious that if the wing is made very stiff to counteract the effects of flutter, then the 
control energy required to deform its surface must be considerably large. On the other hand, 
if the wing is made very flexible, then even though the control power required to produce a 
desired roll moment is not very high, the undesirable effects of flutter predominate. This 
indicates that there is a trade-off between gaining more maneuvering capability via wing 
deformation and the control power required to achieve it. Thus, the main objective of this 
research is to focus on the effects of stiffness on the feasibility of control via a wing 
deformation technique that was proposed above. The feasibility of control will be measured 
in terms control power required to create the surface, as shown in Figure 1, to produce a 
desired lift and roll moment. More importantly, this research will provide flexible-wing 
designers insight into designing wings such that maximum maneuvering capability can be 





Figure 1 Surface shape resulting from surface deformation or bumps (solid lines) and 
nominal surface shape (dashed line) 
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This study, of how stiffness affects the feasibility of control via wing deformation, 
will involve structural design, aerodynamic analysis, and control law design. Since the main 
objective of this research is to examine how stiffness influences control power, the controller 
developed in the process is only used as a tool to give insights into the effects of stiffness. 
The organization of this paper includes the following: a development of a structural model 
and of an aeroelastic model for an assumed wing presented in chapter two, a development of 
a candidate study controller is presented in chapter three, the discussion of results presented 
in chapter four, and the conclusion and suggestions for future work on this project in chapter 
five. 
4 
CHAPTER 2 STRUCTURAL AND AEROELASTIC MODELING 
From the brief introduction of morphing wing technology described in chapter one, it 
seems that traditional wing design technology (stiff wings with ailerons or flaps) will 
eventually become obsolete. However, flexible wings still require energy to deform. For the 
present research, the energy required to create a bump or a deformation is defined as Yi of the 
square of a hump's magnitude. Because the control law developed in the next chapter will 
determine the size of the bumps, a model must be formed to lay a foundation for which the 
control law can be built and to assess the wings performance. 
2.1 Development of the structural model 
The structural model of the wing of interest, shown in Figure 2.1, is assumed to have: 
8 meters span (b), 1 meter root chord (Cr), a taper ratio of 0.5, and a leading edge sweep 
angle of 15 degrees. The wing is assumed to be thin so that it can be treated as a planar 
surface for simplified aerodynamic and structural analysis. Since the wing is thin, its mean 
camber surface can be reasonably treated as a flat surface as well. The mean camber surface 
is used to approximate the aerodynamic characteristics on the actual surfaces of the wing. 
This surface is then divided into 40 flat panels for analysis. 
Figure 2.1 Nomenclature of the mean cambered surface of the present wing 
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The comer points of the panels shown in Figure 2.1 are defined as nodal points or 
nodes (55 nodes on this wing). The numbers at the comers indicate the order of these nodes 
on the wing. Furthermore, the numbers shown inside these panels indicate the number of the 
control points and of the panels on the wing. The location of each control point on each panel 
is defined to be at the panel mid-span and at the three-quarter-chord distance from the panel 
leading edge [ 11]. It is assumed that to generate the bumps the wing is deformed by some 
internal device that pushes up or pulls down on the upper surface at the nodal points as 
depicted in Figure 2.2. These bumps will generate different pressure distributions over the 
upper and lower surfaces, which in tum produce different magnitudes of aerodynamic forces 




Figure 2.2 Conceptual image of the bumps on the wing 
Assuming that the wing structural mode shapes and frequencies are those cited in [ 18] 
and assuming that they were normalized with respect to the mean chord Cc), the vertical 
displacements of the nodal points contributed by the i1h mode are given by 
* • Z mode_i = <J> i Tl i 




column vector of the modal coefficients of the ith mode, i = 1, . .. , 10. Note here that the 
motion of the wing structure is modeled using the first ten mode shapes. The 10 mode shapes 
are depicted in Figures 2.3. Furthermore, it is assumed that the mass distribution is such that 
the orthogonality property of these normalized modes is satisfied [19]. That is: 
('!> T M ('!> =I (2.2) 
where M E R ssxss is the wing structural mass matrix and,('!> = [<1>1 • • <1>10 ] is the matrix of 








Figure 2.3.1 First mode shape 
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Figure 2.3.2 Second mode shape 
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Figure 2.3.5 Fifth mode shape 
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Figure 2.3.6 Sixth mode shape 
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Figure 2.3.8 Eighth mode shape 
Figure 2.3.10 Tenth mode shape 
To simplify the analysis, the damping of each of ten structural modes is assumed to 
have the same damping ratio of 0.002. More details of how these damping ratios are 
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implemented are discussed in the next section. The assumed othogonality property 
satisfaction that results in expression 2.2 also yields an important relationship between the 
stiffness and modal frequencies [19]. 
(2.3) 
where K and !l are the structural stiffness and modal frequency matrices, respectively. From 
reference [18], the modal frequencies of ten modes are given in the following table. 
Table 2.1 Nominal modal frequencies 
Mode 1 2 3 4 5 6 7 8 9 10 
ro (mils) 20.66 76.03 152.64 183.75 208.60 274.31 292.08 321.13 346.62 385.83 
2.2 Aeroelastic modeling 
For the present study it is required to know the pressure at the nodal points because 
the bumps are assumed to occur at these locations. One can employ strip theory or the vortex 
lattice method (VLM) to analyze these characteristics on the wing [14]. The latter method is 
chosen because it yields predictions of the aerodynamic characteristics over the entire wing 
surface given the deformations over the mean camber surface. Strip theory will only provide 
gross lift and moment predictions. 
2.2.1 Mapping nodal displacements to control point displacements 
Because the VLM predicts the pressure distribution at the control points of the 
surface panels, it is necessary to obtain a relationship between . the pressure forces at the 
control points to the pressure forces at the nodal points. To do this a grid mesh terrain of a 





Figure 2.4 A rough sketch of a deforming surface 
The vertical displacement of any point on a grid mesh defined by four points, as 
shown in Figure 2.4, will be assumed given by the following bi-linear relation, 
(2.4) 
where the dimensions of a0 , a1 , a 2 , and a3 are.length, nondimensional, nondimensional, 
and 1/length, respectively; and x, y are the coordinates of a point on a panel. For the 
convenience of calculation, equation 2.4 is nondimensionalized with the mean chord length. 
As a consequence, the nondimensional vertical displacements of the four nodal points (corner 
points) on panel one, shown in Figure 2.5, can be expressed in the matrix form below . 
z• 1 • • • * • I X1 Y1 X1Y1 ao 
z* 1 • • • • • 2 X2 Y2 X2Y2 a1 (2.5) = 
z;2 1 • • • • • X12 Y12 X12Y12 a2 
z;3 1 * • * • • X13 Y13 X13Y13 a3 
where x * = ~, y* = ~, z* = ~ . Note that equation 2.5 can be written in a short form as 
c c c 
10 
(2.6) 
z• 1 • • * * • 1 X1 Y1 X1Y1 ao 
z• 1 * * • • * z;anel_l = , T; Xz Yz XzY2 , andA; at where 2 = 
z;z 1 * • * • • X12 Y12 X12Y12 az 
z;3 1 • • • • * Xj_3 Y13 X13Y13 a3 
1 quater line 
2 
no. dal points \ ' U----:!:___,.....--t--:'7 vortex line 
1 control point (cp) located at 3/4 
• -E<----tt- oft.he panel' s length 
12 ,-------------.Jl 
13 
Figure 2.5 Nomenclature of panel number one 
Analogously, the vertical displacements of the nodal points on the ith panel are 




• JT • * a4i-i , ZpaneU , and Ti are the scaled column vector of the 
coefficients, scaled nodal displacements, and the scaled matrix of the coordinates of nodal 
points on the i1h panel, respectively. Equation 2.4 also implies that the vertical displacement 
of the i1h control point on the wing can be represented by the following general equation. 
• 
Ycp_i • • J A* xcp_i y cp_i i (2.8) 
where (x:p_;, y:p_;) are the scaled x and y coordinates of the i1h control point. 
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Since the vertical displacements of the nodal points are specified, it is possible to 
describe the vertical displacements of the control points in terms of the nodal point 
displacements. By solving equation 2.7 for each column vector A; and substituting it into the 
corresponding equation 2.8, one obtains: 
* Y cp_i * * J ... 1 * xcp_i Y cp_i Ti Zpane1_i (2.9) 
Equation 2.9 is expanded for each control point and these equations are then arranged 




z* =T* z* cp 
* t,,l 
* t. I j, 
* t40,1 
* tl,i 
* t .. J,1 
* t40,i 
* tl,55 z* I 
* t. 55 J, 
* z;s t40,55 
(2.10) 
where T* E R 40x55 is the dimensionless matrix that maps the vertical displacements of the 
nodal points to the vertical displacements of the control points and z* is the column vector of 
the scaled nodal displacements. 
For a general wing configuration, the nominal thickness must be taken into 
consideration so that deformations can be accurately determined. For the general case, when 
deformations occur, the vertical displacements of the nodal points will be either decreased or 
increased relative to the nominal heights. This implies 
* * s:: • * Z = Znom + uZ + zmot:1es (2.11) 
12 
where oz* E RSSxl is equal to 0'!' and 8Z is the column vector of the control bumps; 
c 
z:odesE R55x1 is the scaled displacement vector contributed by the structural mode shapes; and 
z:om ER ssxt the column vector of the scaled nominal wing surface shape, respectively. 
Upon mapping equation 2.11 into equation 2.10 for z* , one obtains 
(2.12) 
The fundamental concept in the modal superposition procedure is that the 
displacement vector z:odes' can be written as a combination of the mode shapes and the 
modal coordinates as follows . 
• J,.*J,.* • zmodes = '1'1111 +'1'2112 + ••• +<1>101110 (2.13) 
These modes describe the bending and twisting motions of the wing. By taking these 
mode shapes into account and considering that the camber surface is a planar surface ( z:0m = 
0), equation 2.12 becomes 
(2.14) 
2.2.2 Derivation of the downwash velocities 
At this point, the downwash can be obtained by analyzing the components of the 





Figure 2.6 Nomenclature of the velocity components at the ith control point on a 
thin cambered surface 
With an assumption that the angle of attack ( ai ) and the slope of the mean cambered 
surface are small, the downwash at the ith control point is given by 
(2.15) 
dZcp i where ai , V 00 , and - are the angle of attack, stream velocity, and the slope of the 
dx 
cambered surface at the ith control point, respectively. 
Equation 2.15 assumes a static deformation of the wing surface. However, the wing is 
also undergoing time dependent twisting and bending. Therefore, the control points will also 
move up and down along with the wing's motion. The vertical rate of motion of the ith 
dZ . 
control point, cp_i , must be taken into account to determine the time dependent 
dt 
downwash velocity. The result of dividing equation 2.15 by the stream velocity and of 
including the time dependent motion of the ith control point is: 
- w. W=-1 
I v_ v_ dt (2.16) 
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where Wi is the nondimensional downwash at the ith control point and i = 1, .. , 40. 
By rewriting equation 2.4 in a nondimensional form for the vertical displacement at 
any control point, one has: 
(2.17) 
Now, equation 2.17 is differentiated with respect to x * yields 
dZ* 
__:£__=r0 1 0 *]A* dx* ~ Yep (2.18) 
This equation implies that the slope of the mean cambered surface at the ith control 
point is given by 
dZ:p_i r. * ] A* ---"--.-= tO 1 0 Yep i i dx - (2.19) 
Solving equation 2.7 for the column vector A: and substituting it into equation 2.19, 
the slope of the mean cambered surface at the ith control point is represented by the following 
equation 
* dZcp_i r. * ] • -1 • 
--. -=LO 1 0 Y cp i T1 Zpane1 i 
~ - -
(2.20) 
Equation 2.20 is expanded for each control point. These equations are then arranged 
in the corresponding order of the nodal points to give 
(2.21) 
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where T;m e R 40x55 is the nondimensional matrix that maps the displacements of the nodal 
points to the surface slope at the control points. By considering the effects of the structural 
deformations contributed by the mode shapes and the bumps, equation 2.21 can now be 
written as: 
(2.22) 
Equation 2.14 is now differentiated with respect to time; however, with the 
assumption that the magnitudes of the bump displacements are small relative to the bending 
and twisting shapes of the wing, the vertical rate of the bumps will be ignored. Hence, the 
time derivative of equation 2.14 is approximated by 
dZ* 
cp T*"' . • T*"' . * T*"' . • --= 'l'1l11 + 'l'2l12 + ••• + '1'101110 
dt 
(2.23) 
Upon mapping each component of equations 2.23 and 2.22 into the last two terms on 
the right hand side of equation 2.16, the downwash components at all control points on the 
wing can be obtained and are shown in the following equation. 
voo dt 
c f.T•"' . * T*"' . * T*"' . • ) T* s:z• + -\ 'l'1TJ1+ 'l'2TJ2+ ••• + 'l'1ol110 + difl'u v_ 
(2.24) 
where W e R40x1 is the nondimensional column vector of the downwash at all control 
points, and a.E R 40xt is the column vector of the local angles of attack at the control points. 
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2.2.3 Calculation of the pressure force at the nodal points 
The pressure coefficients at the control points are related to the normalized downwash 
through the aerodynamic influence coefficients matrix, AIC [16, 17]. 
CP =AICW (2.25) 
where CP E R4oxi is the column vector of the pressure coefficients on the panels and AIC E 
R40x4o is the aerodynamic influence coefficient matrix obtained from application of the VLM. 
The pressure forces at the control points are given by 
1 2 -
Fcp = 2 p V~ Sdiag AIC W (2.26) 
where Sdiag E R40x4o is a diagonal matrix with the area of each panel along the diagonal and 
Fcp (a., p, V ~, S, TJ, Ti, 6Z) E R4oxI is the column vector of the aerodynamic pressure forces at 
the control points. 
The energy equivalence principle of structural analysis implies that the forces at the 
control points and those at the nodal points are related through the transpose of the 
transformation matrix, T*, that maps the displacements of the nodal points to the control 
points. Therefore, the pressure forces at the nodal points are: 
F _!_ v 2 T*T s AIC w nod• = 2 P - diag 
1 2 *T 1 2 *T {. * * * * * * ) =- 2 p V_ T Sdiag AIC a+ 2 p V_ T Sdiag AIC \Tdiffcj> 1 111 +Tdiffcj> 21] 2 + ••• +TdilTcl>iollio (2.27) 
+ _!_ c pV_ T*T Sdiag AIC(T*cj>11i: +T*cj> 21i; + ... +T*cl>1oll;o) 
2 
where Fnode E R ssxi is the column vector of the forces at the nodal points. 
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2.2.4 Calculation of the wing lift and roll moment 
It then follows that the lift of the wing can be found by summing the force 
components of equation 2.27. This can be done by pre-multiplying the force vector, equation 
2.27, by a lx55 row vector of ones. The result then yields 
L= [1 . . . l]Fnode 
=l1 a+[l2 13 •• 111 ][ri; 
+ fi22 123 . . 176] [dZ; . 
· Tl;of + [112 113 · · 121J[ti; · · Ti:oJ 
dZ;sY 
(2.28) 
where Ii is the sum of the fl~-i terms for i = 2, .. ., 11, li+io is the sum of the i)~_1 terms for i 
= 2, ... , 11, 11 is the sum of the a terms, and li+2o is the sum of the oZ~_1 term for i = 2, ... , 
56. 
Furthermore, the roll moment about the X-axis can be computed by first multiplying 
each of the forces given in equation 2.27 by the corresponding moment arms measured from 
the X-axis to the nodal point. That is: 
(2.29) 
where Ydiag E R ssxss is a diagonal matrix with the y-distances of each nodal point along the 
diagonal, and Mo E R ssxi is the column vector of the roll moment contribution of each 
nodal point. 
Next, the total roll moment of the wing can be found by pre-multiplying the moment 
vector, equation 2.29, by a lx55 row vector of ones. The result yields: 
Mo =m1 a+[m2 m3 ••• m11 J~; . 
+ [m22 ffi23 ... m76] [oz; sz; 
ri:of +[m12 ml3 ... m21l~; .. Ti;of 
. sz;sf (2.30) 
18 
where mi is the sum of the 11~-i term for i = 2, ... , 11, mi+io is the sum of the il~-i term for i 
= 2, ... , 11, m1 is the sum of the a terms, and mi+2o is the sum of the 8Z~_1 term for i = 2, 
... , 56. 
2.3 Equation of motion 
Upon recalling the modal equation of motion of a damped vibration system, the 
motions of the present wing can be represented by the following form. 
M z + c z + K z = Fnode (2.31) 
where M, C, K, and Z are the mass, damping, stiffness matrices, and the displacement 
vector of the nodal points, respectively. 
Taking ten structural mode shapes into account, the vertical displacements of the 
structural nodal points (without bumps) can be represented by the following expression. 
(2.32) 
* [ * where 11 = Llli 
Combining this equation, its first and second derivatives, equations 2.2 and 2.3 into 
equation 2.31, one obtains: 
..• 
2t;;1m1 0 0 
.. 0)2 0 0 * 111 111 I 111 
0 2t;;2m2 0 0 0)2 0 <I> T + + 2 = -Fnode c ... 0 0 2 s10m10 .. 0 0 2 * 1110 1110 0)10 1110 
where ~i and mi are the damping ratio and frequency of the i1h mode, respectively. 




f1,1a + lf1,2 f1,3 ... ~,11lrl + lf 1.12 f1,l3 ... ~.21lr1 + [f1,22 f1,23 ... ~.16Joz* 
f2,1a + [f2,2 f2,3 ... ~,11lri* +[f2,12 f2,13 · · · ~,2Jit* +lf2,22 f2.23 · .. ~,1Joz* 
(2.34) 
. . . . 
f 10,1a + lf 10.2 f10,3 . . . ~0.11 Jr1 + lf 10.12 f10,l3 ... ~o.2Jit* + [f10,22 f10,23 ... ~o,16]oz· 
which can be written in a short form as: 
(2.35) 
f12 fl,3 fl.II 
where F1 = [f 1,1 f 2,1 f10,1I , F2 = 
f 2 2 f2,3. f 2,11 
f!0,2 f!0,3 f!0,11 
fl,12 fl 13 fl,21 fl,22 fl,23 fl,76 
F3 = 
f 2,12 f 2,13 f2 21 , and F4 = 
f2,22 f 2,23 f 2,76 
f!0,12 f 10,13 f!0,21 f 10,22 f!0,23 f 10,76 
Letting xi = ri: and xi+JO =it: for i = 1, .. ., 10 and by substituting expression 2.35 
into equation 2.33, the answer then yields 
X=AX+BU* +Ga (2.36) 
where A(p co ~ V -")ER 20x2o = [ O , ,~, oo'"' F _ 2 
2 (1) cliag 
I ] [OJ , B E R 20x55 = , 
F3. 2Ldiag(1)cliag F 4 
GE R 20' 1 = [:.Ju' = ~z; . . oz;J is the input vector, I: ... E R ""0 is a diagonal 
matrix of the damping ratios of the modes, XE R 2oxi is the states vector, and rodiag E R 10xio 
is a diagonal matrix of the modal frequencies. 
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For the present study, lift and roll moment are chosen as two performance 
quantities for studying the effects of stiffness on the control power. That is, the controller 
developed in the next chapter is designed to take lift and roll moment commands and 
produces the bumps for which these desired commands can be tracked. Thus, the outputs are 
both lift and roll moment. Upon combining equations 2.28 and 2.30, the output equation can 
be expressed in the following form. 
Y=CX+DU +Ea. 
where CE R 2x 2o =[ 12 
m2 
and EE R"' =[ ~J 
(2.37) 
116] YE R2x1 
' ' m16 
Equations 2.37 and 2.36 are then combined to form a state space system that 
represents the motions of the wing, with the wing's generalized coordinates and rates the 
states; the bumps, the inputs; lift and roll moments, the outputs; and the angles of attack, a 
source of disturbance. 




CHAPTER 3 A CANDIDATE CONTROL LAW 
Since the control law developed in this chapter will only serve as a tool for studying 
how stiffness affects the control power, the analysis of its robustness will be omitted. For this 
reason, the wing is assumed to be free from any source of disturbances. Hence, the controller 
is only designed to take lift and roll moment commands as inputs and produce a set of 55 
bumps that can generate enough pressure distributions between the upper and lower surfaces 
of the wing to produce the pressure forces that twist and bend the wing to produce a desired 
amount of lift or roll moment. The control energy is then computed by summing up half of 
the square of the magnitudes of the bumps. 
3.1 Development of a candidate controller 
Because the angles of attack at different nodal points on various wing sections are 
assumed small and can be neglected, the angle-of-attack term on the right hand side of the 
state space system (equation 2.38) will disappear. This vector can be alternatively interpreted 
as a disturbance input vector. Without considering disturbances and angles of attack, 




There are several control-design methods that can be used to develop a control law 
for the wing, for example, linear quadratic regulator (LQR) with full-state feedback, loop 
shaping (H~ ), or LQR with output feedback (13]. The latter technique is chosen because it is 
the simplest and most appropriate; i.e. assumes measurement of lift and roll moment rather 
than measurement of all 55 modal displacements and rates. However, equation 3.1 appears to 
be in a nonstandard form because of the presence of the D matrix in the output equation. This 
increases the complexity of the process for obtaining a controller. Thus a simplification 
process is performed to bring equation 3.1 to a standard form for which the LQR output 
feedback method can be applied. A method for simplifying equation 3.1 can be seen in (12], 
however the simplest technique is to add low-pass filters to the input vector (U*) in this 
equation. The transfer function of the low-pass filter has the following form 
't H(s)=--
s + 't 
22 
(3.2) 
where 't is the bandwidth frequency. One can interpret this solution as adding an effective 
first-order actuator system to each control input. For the present analysis, the value of the 
bandwidth frequency is chosen to be higher than the highest of the 10 modeled modal 
frequencies so as not to adversely affect the structural dynamics of the wing. More details 
about how the cut-off frequency is determined will be discussed in the next chapter. Since 
equation 3.1 requires 55 inputs, 55 low-pass filters are needed. A state-space representation 
of 55 low-pass filters has the following form 
Xa =Aa Xa +Ba Ua 
Ya =Ca Xa +Da Ua 
where A E R 55x55 = -'t I B E R 55x55 =I and C E R ssxss = r I 
a ' a ' a • 
(3.3) 
Equation 3.3 is then connected in series with equation 3.1 to produce the following 
equation 
[:.]=[! BA~'][:.J+[:.Ju. 
Y = [c Dc,i[ :.] 
This equation can be written in standard form as 
Xe =Ac Xe +Be Uc 




Now that equation 3.1 has been transformed to standard form (equation 3.5), and 
standard output feedback LQR methods can be applied. An integral controller [15, 13] is 
designed to track the command inputs and to satisfy the following assumed design 
specifications: less than 5% of overshoot, settling time of less than 5 seconds, and less than 2 
seconds in rise time. 
The state-space system of an integral compensator is given as: 
Xi =Ai Xi +BiUi 
"Y; =Ci Xi 
where Ai E R 2x2 = 0, B, E R 2x2 =I, Ci E R 2x2 =I, 
(3.6) 
By feeding back the lift and roll moment responses, the inputs to the integral 
compensator are described by the following expression 
U.=r-Y =r-CX I C C C (3.7) 
where rE R 2x1 is the column vector containing the lift and roll moment commands. This 
expression is then substituted into equation 3.6 for U1 and the result yields 
X1 =Bi r-B1CcXc 
Y1=C1X1 




which can also be written in a short form 
Xcc =AccXcc +BccUc +Geer 
Yee= CccXcc 
where A E R 77x77 B E R 77x55 G E R 77x2 c E R 4x77 x E R 77xl and y E R 4xl 
cc 'cc 'cc 'cc 'cc ' cc · 
Furthermore, the output feedback control law is: 
where KE R 55x 4 is the optimal control gain matrix. 
(3.10) 
(3.11) 




,___ ________ _, - K 
Figure 3.1 Closed-loop diagram of the control system 
Upon substituting equation 3.11 into equation 3.10 for Uc, a closed-loop state space 
system that described the motions of the wing becomes 
Xnew = AnewXnew + Bnewr 
ynew = cnewxnew 
(3.12) 
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3.2 Derivation of the allowable lift and roll moment commands 
Because of the limitations of the flexibility of the wing material as well as the 
aerodynamic characteristics of the wing, the magnitudes of the bumps cannot be chosen as 
large as one may want. This means that the size of lift or roll moment command must be 
predetermined. To do that, the steady-state condition of equation 3.1 is considered. 
O=AXss +BU: 
Y=CXSS +nu: (3.13) 
where u: is the nondimensional input vector at the steady-state condition. By solving the 
first expression of equation 3.13 for Xss and substituting it into the second expression, the 
result then yields 
(3.14) 
For the present analysis, the maximum magnitudes of the dimensional bumps ( dZ5) 
are not allowed to be greater than 1 % of the mean chord or l.45cm. By assuming that the 
first bump (dZ1) in equation 3.14 is equal to .01c,equation3.14 now becomes 
1 
[~0 ]= (- CA-1B + D) .01 dZ55 (3.15) 
.Ole 
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Then by assuming that all of the terms in the input column vector of eq_uation 3.15 are 
equal to 1, ie. all of the dimensional bumps are .01 c , the maximum commanded lift and roll 
moment that the wing can produce are determined by adding the magnitude of the elements 
on each of the two rows on the right hand side of the following equation. 
[ ~J (-CA ·1B + D) .01 (3.16) 
Equation 3.15 indicates that as long as all of the elements in the input column vector 
are forced to be less than 1 by the controller, the lift and roll moment commands given by 
equation 3.16 can be obtained with the bumps equal to 1% of the mean chord. For example, 
if the designed controller indicates that the ith element (dZ/(.01 * c )) in the input vector of 
equation 3.15 equals to .5, then the dimensional bump dZi = .5*.0l*l.45 m = .00725 m or 
7.25 mm. 
3.3 Determination of the gain matrix 
The process of determining the optimal gain matrix, using the LQR output feedback 
method, involves the following steps. 
1. The matrices Q and R are first chosen as identity matrices. 
2. A gain matrix that gives closed-loop stability is then generated. That is this matrix 
is generated such that all of the eigenvalues of Anew are on the left half of the 
complex coordinate plane. 
3. The output feedback algorithm that involves in solving the Lyapunov equations 
while minimizing the performance index [13], is employed to obtain the optimal gain 
matrix. 
During step 3, the matrices Q and R are often adjusted to obtain the stated design 
specifications and the specified the magnitudes of the bumps. 
3.4 Illustration of the controller's performance 
Figures 3.2 and 3.3 show that when 10 structural modes were used, the controller 
27 
shown in Figure 3.1 has tracked the step inputs very well and has satisfied the stated design 
specifications that were mentioned earlier in this chapter. 
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Figure 3.2 Step lift response using 10 modes 
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Figure 3.3 Step roll moment response using 10 modes 
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CHAPTER 4 ANALYSIS AND RESULTS 
The process employed in this research to study the effects of stiffness on the control 
power is summarized in the following steps. 
1. The state space system 3.1 is analyzed for its controllability and stability 
characteristics. This step will help to determine factors that cause flutter. 
2. A control design process is then performed to obtain an optimal control law. This 
control law will take 1000 N of lift and 1000 Nm of roll moment commands and 
produces the bumps that can create enough aerodynamic forces from which these 
quantities can be generated. These amounts of lift and roll moment are used 
throughout the research. 
3. The total normalized (nondimensional) energy required for producing these bumps 
is then computed by integrating the energies over time. 
• 1 130 • • E =- u u dt 
ti 2 0 (4.1) 
4. Furthermore, the normalized steady-state (constant in time) and normalized 
maximum energies are also computed through the following relations. 
(4.2) 
and 
• 1 • • 
Emax = z umax umax (4.3) 
where u •, u:s, and u:mx are the normalized bump, normalized bump at the steady-
state, and normalized-maximum bump, respectively. 
5. Upon recalling the relationship between frequency and stiffness, 
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(4.4) 
where k, m, and co are the stiffness, mass, and natural frequency; the wing's stiffness 
is increased through increasing all of the modes' frequencies simultaneously by the 
same amount over the range of 100 rad/s on 1 rad/s increment. The same controller 
and command inputs used in step two are then applied to obtain the control energy 
each time the frequencies are increased. This step will provide a relationship between 
stiffness and the control power. 
6. The plots of the normalized steady-state, total, and maximum energies versus the 
change in frequencies are created to provide the visual effects of stiffness on the 
control energy. 
Because the structural modes describe the bending and twisting motions of the wing, 
they indicate the degree of motion that the present wing has. So the more structural modes 
are modeled, the less restriction on the degree of motion that the wing will have. As a result, 
the number of structural modes will contribute some effects to the control power as well. 
Hence, steps 4, 5, and 6 were then repeated for each number of modes to see how the number 
of mode shapes affects the control energy. 
In the design of a controller for the present wing, the dynamical equation 3.1 must be 
controllable. Controllability is an essential characteristic that equation 3.1 has to have 
because it indicates whether or not the wing can be controlled. This characteristic can be 
verified by checking the following rank condition [10]. 
rank[B AB A 2B ... An-1B] = n (4.5) 
4.1 Flutter velocity and flexibility analysis 
Note that the matrix A in equation 3.1 depends on the aerodynamic factor (0.5pV~ ), 
the structural damping ratios, the modal frequencies, and the number of modeled structural 
modes. Since the structural damping ratios, air density, number of modes, and the modal 
frequencies are held constant for each case of assumed stiffness level, the only component in 
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which A depends on is the stream velocity. Hence, the locations of the eigenvalues of A will 
primarily be affected by the magnitude of the stream velocity. This important information 
can be physically interpreted as the wing experiencing flutter when it reaches an unstable 
velocity; i.e. the flutter velocity. To determine the flutter velocity using the nominal 
information listed in Table 4.1, the eigenvalues of A were calculated through an iterative 
process each time the stream velocity was increased from 0. The results are shown in Figures 
4.1. 
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Figure 4.1.1 Open-loop poles, v_ =848mls Figure 4.1.2 Open-loop poles, v_ =850.7 mis 
Using the information listed in Table 4.1, the rank of [BAB A2B ••• A20-1B] was then 
found to be 20. Therefore, this state space system is controllable, assuming full state 
feedback. 
Table 4.1 Nominal and geometrical information 
Modes 1 2 3 4 5 6 7 8 9 10 
co 




. 9093 at 10, 000 ft altitude Span (b) = 8 m Root chord (Cr)= 1 m 
~ .002 (damping ratio) Mean chord (c) = .75 m Taper ratio = .5 
v.,, 850.7 mis Aspect Ratio = 10. 7 Wing Area = 3 m2 
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The results shown in Figures 4.1.1 and 4.1.2 suggest that flutter will dominate the 
wing when its velocity is 850.7 mis or greater. They also show that as the stream velocity 
increases, the locations of the eigenvalues (marked with an X) of matrix A are moving 
toward the right half plane (the unstable region). In a physical sense, the wing is more 
susceptible to flutter as the velocity increases. The number corresponding to each mode 
shown on the left of each X indicates that the 6th mode is dominantly affecting the stability of 
the system. But the flutter velocity of 850.7 mis (more than Mach 2) does not sound realistic 
for this wing because its surface area is small (3 m2). To investigate this issue, the matrix A is 
analyzed more in depth. One may recall from chapter two that the wing is assumed to fly at a 
constant altitude, therefore the air density would remain constant at all times. Also, the 
structural damping of the modes was assumed to have small damping ratios of 0.002; hence 
they would not likely have significant effects on the flutter velocity. The natural frequencies 
of the mode shapes are the likely candidates for causing this high flutter velocity. When all of 
the nominal frequencies were simultaneously increased by a factor of ten, the flutter velocity 
was found to be 8,820 mis. In the same fashion, when all of the frequencies were 
simultaneously reduced by a factor of ten, the flutter velocity was found to be 87 .6 mis. This 
evidence leads to the conclusion that the nominal wing is too stiff and the assumed modal 
frequencies are too high for this wing. Thus, studying the effects of stiffness on the control 
energy via the proposed wing morphing technology might not be practical. 
If the wing is flexible, it can be bent or twisted easily; therefore, bending and twisting 
the wing to a certain shape will not require large bump displacement magnitudes. But if the 
wing is too stiff, it cannot be bent or twisted easily; therefore larger bump displacements are 
required to produce enough pressure forces to bend and twist the wing to the same shape as if 
it were flexible. As a consequence, the control energy required to create the bumps must 




where !!2 is a diagonal matrix with the modal frequencies squared on its diagonal, R1 and R2 
are representing the first and second terms on the right hand side of this equation, 
respectively. Note that equation 4.6 is equation 2.33 at the steady-state condition. Since R1 
and R2 are constant, and the final shape ( TJ;s ) of the wing is unchanged for the same given 
reference inputs, the size of the steady-state bumps (oz:) must increase when the 
frequencies are increased to balance out equation 4.6. As a consequence, the steady-state 
energy must get larger as the wing becomes stiffer. 
To make the wing more flexible, equation 4.6 suggests that the nominal modal 
frequencies need to be reduced and the wing's surface area needs to be increased to keep the 
bumps from dominating the wing surface shape. The analysis above indicated that a 
reasonable flutter velocity for the wing could be obtained if the frequencies of the modes 
were reduced by a factor of ten. Therefore, the wing's motion is now assumed to be 
associated with the reduced set of modal frequencies as listed in Table 4.2. Instead of 
determining the flutter velocity from calculating the eigenvalues of A, the flutter velocity is 
preset at 60 mis, the wing aspect ratio is retained, and a new state space representation of the 
wing's motion is obtained. 
X=Ar x +Br u· 
Y=Cr X+Dr u• (4.7) 
where Ar , Br, Cr, and Dr are the remodeled matrices that relate the inputs to the states and to 
the outputs. This equation replaces equation 3.1. 
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The area of the wing is increased through an iterative process until a real part of an 
eigenvalue of Ar becomes unstable. Thus, forcing the wing flutter velocity to be 60 mis as 
specified above. The new wing's geometry is then listed in Table 4.2. 
Table 4.2 Remodeled and geometrical information 
Modes 1 2 3 4 5 6 7 8 9 10 
(J) 




. 9093 at 10, 000 ft altitude Span (b) = 15.467 m Root chord (Cr)= 1.933 m 
~ .002 (damping ratio) Mean chord ( c ) = 1.45 m Taper ratio= .5 
V.., 60m/s Aspect Ratio = 10. 7 Wing Area= 11.21 m2 
4.2 Control design analysis 
Equation 4. 7 poses a difficulty for the LQR control design method due to the 
presence of matrix Dr. A reduction process described in chapter three is performed to bring 
equation 4.7 to a standard form. As it was mentioned in chapter two, all of the 55 low-pass 
filters were assumed to have the same the lag term ( 't) as indicated by equation 3.2. Since the 
highest modeled structural modal frequency is 38.583 rad/s, the lag term was chosen as 100 
rad/s. This value was chosen to allow for a wide range of stiffness variations (via frequency 
variation) to make sure that the dynamics of system 4.7 would not be adversely affected. As a 
result, the low-pass filters have the following form. 
100 
H (s) = s + 100 (4.8) 
Once the low-pass filters were added to the inputs of equations 4.7 the control design 
process can be carried out. However, the flutter velocity of 60 mis cannot be used in the 
design process because it was based on a structural model of 10 mode shapes. This stream 
velocity may cause open or closed-loop instability when other numbers of modes are 
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employed. Plus, it may also cause open- or closed-loop instability when the nominal 
frequencies are changed from 0 rad/s to 100 rad/s. Therefore, a design velocity must be 
obtained so that the stability of either open- or closed-loop system is guaranteed, regardless 
of the number of modes employed and the variations in modal frequencies ( Aco ). 
To the determine a design velocity that will work for any number of modes ranging 
from 1 to 10 and for any variation in frequencies ranging from 0 rad/s to 100 rad/s, the 
following procedure is performed. 
1. An amount of Aco is added to the frequencies listed in Table 4.1. 
2. These new frequencies are then reduced simultaneously by a tenth. 
3. The geometrical information listed in Table 4.2 and these reduced frequencies are 
employed to obtain a state-space system representing the wing's motions. 
4. The flutter velocity is then determined through an iterative process of computing 
the eigenvalues of the new matrix Ar. 
These four steps were repeated for the variation of frequencies ranging from 0 rad/s to 
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Figure 4.2 Open-loop flutter velocities and the changes in modes' frequencies 
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Figure 4.2 indicates that as long as a design velocity is chosen to be less than 58 mis, 
the open-loop control system will be guaranteed stable. Notice that this figure does not depict 
the velocity values for 1, 2, and 3 modes. It was found that if the motions of the wing are 
associated with less than 4 modes, the flutter velocities were found to be greater than 8000 
mis. This does not mean that employing a smaller number of mode shapes would increase the 
wing's stiffness. Instead, this means that when the degree of motion of the wing is limited or 
(non-physically) restrained, the wing is less susceptible to flutter; i.e. the wing is more stiff. 
By observing Figure 4.2, a design velocity of 40 mis was chosen because it guaranteed 
stability for the open-loop system, regardless of the number of modes (from 1 to 10) and the 
changes in modal frequencies. In addition, this design velocity was chosen to give some 
robustness to the control system. 
Having determined a design velocity (40 mis), the control design approach described 
in chapter three can be performed to obtain a control law for the wing. To make sure that 
stiffness is the only parameter that affects the control energy, a nominal controller is 
developed and is applied to all cases. By employing five modes and the information listed in 
Table 4.3, a nominal control law is obtained. 
Table 4.3 Information for nominal controller 
Modes 1 2 3 4 5 
0) 




. 9093 at 10, 000 ft altitude Span (b) = 15.467 m Root chord (Cr) = 1.933 m 
~ .002 (damping ratio) Mean chord ( c ) = 1.45 m Taper ratio = .5 
v~ 40m/s Aspect Ratio = 10. 7 Wing Area= 11.21 m2 
The nominal controller was then verified for closed-loop stability for the numbers of 
modes other than five and for the variations of frequencies ranging from 0 rad/s to 100 rad/s. 
The results are shown in Figure 4.3. 
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Figure 4.3 Relationship between closed-loop velocities and the change in modes' 
frequencies 
Figure 4.3 shows that the design velocity of 40 mis satisfies the closed-loop flutter 
stability requirement, and indicates that the nominal controller is acceptable for all frequency 
variations and for any number of modeled modes ranging from 4 to 10. 
4.3 Control energy 
The bumps cannot be allowed to have arbitrary large displacements because of the 
limitations on the flexibility of the wing material as well as on the aerodynamic 
characteristics of the wing. For example, large bumps will create turbulence the effects of 
which are not modeled in the present investigation. Because of these reasons and since the 
bumps on the wing are scaled with respect to the mean aerodynamic chord, the deformations 
cannot exceed an allowable fraction of the mean chord. As it was mentioned in chapter three, 
the maximum allowable size of the bumps on the wing is set at 1 % of the mean chord or 
14.Smm. 
37 
To investigate the bump displacement magnitudes, five modes and a combination of 
the command inputs of 1000 N of lift and 1000 Nm of roll moment were chosen, and the 
time histories of the magnitudes of 55 bumps are shown in Figures 4.4. 
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Figure 4.4.2 Time history of selected bumps' formations 
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Figure 4.4.1 indicates that the largest nondimensional bump at steady-state condition 
is about .4, which can be converted to a dimensional size as .4*.01 *l.45m = 5.8mm. This 
value indicates that all bumps lie within the allowable magnitude of 1 % of the mean chord. 
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Figure 4.5 Nodal displacements at the steady-state condition 
At this point, the normalized (nondimensional) steady-state energy is computed by 
summing 'h of the square of each of these magnitudes. The normalized total energy can also 
be obtained by summing up the areas under the curves shown in Figure 4.4.1. The 
normalized maximum energy is determined using the peak of each curve. Although the 
present study does not emphasize the development of a control law, the time responses 









Step Lift Response 
Figure 4.6.1 Step response of the lift command using 5 modes 












Figure 4.6.2 Step response of the roll moment command using 5 modes 
40 
Figures 4.7.1, and 4.7.2 provide the pictures of the wing surface deformation due to 
the control bumps at steady-state conditions, and Figure 4. 7 .3 shows the final shape of the 
wing which is dominated by the modal displacements, l'h. 
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Figure 4. 7 .1 Control bumps viewing from Figure 4. 7 .2 Control bumps viewing the 
leading edge from the trailing edge 
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Figure 4.7.3 Final wing shape viewing from the fuselage 
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In the same fashion, the steps in obtaining the normalized control energies as 
illustrated above were repeated for each number of modes over the range of change in 




Normalized Steady-State Energy V.S. Change In Frequency 
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Figure 4.8.1 Normalized steady-state energy versus change in modes' frequencies 
Normalized Maximum Energy V.S. Change In Frequency 
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Figure 4.8.2 Normalized maximum energies versus change in modes' frequencies 
42 
NormaNzed Total Energy V.S. Change In Frequency 
35 
* 4 modes 
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Figure 4.8.3 Normalized total energies versus change in modes' frequencies 
These figures indicate that the normalized steady-state, maximum, and total energies 
are increased as the wing becomes stiffer. In a physical sense, bending and twisting the wing 
to obtain the same structural shape that could produce the same amount of pressure 
distributions every time would require more control efforts as the wing becomes stiffer. Since 
the control energy was defined based on the magnitudes of the bumps, the amount of energy 
required to deform the wing should increase as the wing's stiffness increases. Figure 4.8.2 
indicates that the more modes are employed, the smaller the amount of control energy will be 
consumed. This is due to the fact that when more modes are considered, the wing's motion is 
less restricted; i.e. effectively reducing the stiffness. Therefore, small bump displacements 
could feasibly provide enough aerodynamic force to bend and twist the wing to provide a 
desired amount of lift or roll moment provided the wing is sufficiently flexible. 
Some effects of stiffness have been examined; however, a more important result is the 
range of operation for which maximum maneuverability can be obtained with the least 
amount of energy and at the same time flutter is avoided. In general, the desire for minimum 
control energy leads to a reduction in either the open- or closed-loop flutter velocity, as 
shown in Figures 4.8.4 to 4.8.9. Thus, limiting the operational flight envelope of the aircraft. 
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Figure 4.8.4 Open-loop flutter velocity versus the normalized steady-state energy 
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Figure 4.8.5 Open-loop flutter velocity versus the normalized maximum energy 
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Figure 4.8.6 Open-loop flutter velocity versus the normalized total energy 
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Closed-Loop Flutter Velocity V.S Normalized Steady-state Energy 
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Closed-loop Flutter Velocity V.S. Normalized Maximum Energy 
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Figure 4.8.9 Closed-loop flutter velocity versus the normalized maximum energy 
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CHAPTER 5 CONCLUSION 
The graphical results listed in chapter four indicate that stiffness plays an important 
role in designing and controlling flexible wings. It affects not only the control power, but 
also the capability of the wing to withstand flutter. The results have shown that in contrast 
with flexible wings, stiff wings require more energy to deform their shapes but can operate at 
higher stream velocities or equivalently higher dynamic pressure. These results sound 
intuitively obvious; however, they do contribute several important insights into designing and 
controlling flexible wings. They have indicated that the predicted control energies are 
somewhat dependent on the number of modeled structural modes. That is, the control energy 
will always increase as the stiffness of the wing increases, whether the stiffness arises due to 
increased structural stiffness or due to structural modeling simplifications; i.e. reducing the 
number of modeled structural modes. They show that the more structural modes employed, 
the smaller amount of energy required for deforming the wing. This information suggests that 
one should employ as many mode shapes as practical when designing flexible wings so that 
their motions are less restricted and thus better predict the control energy required. 
The most important contribution provided by the results is the trade off between 
flexibility and flutter. This means that high flexibility requirements (for low control power) 
will suffer low flutter velocity operational clearances. Just as one would expect, actual flutter 
velocity is not known unless flight experiments are performed on the wing. However, the 
results shown by Figures 4.8.1 to 4.8.9 will help engineers to determine the operating range 
for which flutter can be avoided while requiring the least amount of energy for wing surface 
deformation. In addition, it is evident that to allow for both low energy requirement and high 
flutter velocity, sophisticated active wing shape control strategies will be required. 
Although the research has shown some important effects of stiffness on the control 
power and has provided some insights into the design of flexible wings, additional research 
on this topic should be done so that the effects of stiffness on designing and controlling 
flexible wings can be better understood and the proposed morphing wing method can be 
applicable. The future work on this project can range from the consideration of finer grids on 
the wing, unsteady flow analysis, to a more robust control law design such as H 00 to the 
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study of stress and strain characteristics of materials from which a wing is made. Also, the 
effects of disturbances due to different angles of attack and external disturbances must be 




[1] Raymond L. Bisplinghoff, Holt Ashley, and Robert L. Halfman, "Aeroelasticity," 
Dover Publications Inc., Mineola, New York, 1993. 
[2] Wright-Patterson AFB OH, AFRL's Public Affairs Office, "Active aeroelastic 
wing technology integrates air vehicle aerodynamics, active controls, and structures to 
maximize air vehicle performance," http://www.afrlhorizons.com/Briefs/Mar03/ 
HQ0210.html, Date accessed: 4/12/03. 
[3] Brian C. Prock, Terrence A. Weisshaar, William A. Crossley, "Morphing airfoil 
shape change optimization with minimum actuator energy as an objective," 9th 
AIAA/ISSMO Symposium on multidisciplinary analysis and optimization 4-6 September 
2002, Atlanta, Georgia, AIAA 2002-5401. 
[4] Charbel Farhat, ''Flutter in the sky," University of Colorado Boulder, 
www .psc.edu/science/farhat.html, Date accessed: 4/17 /03. 
[5] Clement, J. W., Brei, D., Moskalik, A, J., and Barrett, R., "Bench-top 
Characterization of an Active Rotor Blade Flap System Incorporating C-Block Actuators," 
39th AIAA/ ASME/ ASCE/ AHS/ ASC Structures, Structural Dynamics, and Materials 
Conference and Exhibit, AIAA-98-2108, 1998. 
[6] Alexander Bolonkin, Glen Gilyard, "Benefits of variable-geometry wing camber 
for transport aircraft," NASA/TM-1999, 206586. 
[7] William A. Lokos, Candila D. Olney, Natalie D. Crawford, Rick Stauf, and Eric 
Y. Riechenback, "Wing torsional stiffness tests of the active aeroelastic wing F/A-18 
airplane," NASA Dryden Flight Research Center, Edwards, California, NASA/TM-2002-
210723. 
[8] Sara Hammond, "Raytheon developing morphing wing structures for cruise 
missile," Media Relations, http://www.raytheon.com, Date accessed: 4/23/2003. 
[9] Larine Barr, "Wing-warping aircraft makes first flight," Air Force research 
laboratory public affairs, http://www.afmc.wpafb.af.mil/HO-AFMC/P A/index.htm, Date 
accessed: 4115/2003. 
49 
[10] Donald G. Schultz, James L. Melsa, "State functions and linear control systems," 
McGraw-Hill Book Company, 1967. 
[11] E. L. Houghton, A E. Brock, "Aerodynamics for engineering students," Edward 
Arnold (publishers) Ltd., London, 1960. 
[12] Harry L. Trentelman, Anton A Stoorvogel, Malo Hautus, "Control theory for 
linear systems," Springer-Verlag London Limited 2001. 
[13] Frank L. Lewis, Vassilis L. Syrmos, "Optimal Control," Second Edition, Wiley, 
John & Sons, Inc., 1995. 
[14] John J. Bertin, Michael L. Smith, "Aerodynamics for engineers," Third Edition, 
Prentice Hall, Upper Saddle River, New Jersey 1998. 
[15] Gene F. Franklin, J. David Powell, Abbas Emami-Naeini, "Feedback control of 
dynamic systems," Third Edition, Addison-Wesley Company, 1994. 
[16] Frank R. Chavez, "Characterizing model variation for robust control of flexible 
atmospheric flight vehicles," Ph.D. thesis, http://www.enae.umd.edu/pdf/students/PhD/ 
ChavezPhD2000.pdf, Date accessed: 4 I 20 I 03. 
[17] Bisplinghoff, R. L. and Ashley, H., "Principles of aeroelasticity," Dover 
Publication, 197 5. 
[18] Chris Whitmer, "Modeling and control of a morphing airfoil structure," Master's 
thesis, Mechanical Engineering Department, Iowa State University, 2003. 
[19] Brian J. Olson, ME 461, Class notes, "Mechanical Vibrations, Modal Analysis 
Lecture Notes," http://www.egr.msu.edu/classes/me461/olsonbrl/docs/Modal Analysis.pdf, 
Date accessed: 11/2002. 
